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ABSTRACT 

In this work, a design for a new turbofan engine intended for a conceptual supersonic 

business jet expected to enter service in 2025 is presented. Due to the increasing 

competition in the aircraft industry and the more stringent environmental legislations, the 

new engine is expected to provide a low fuel burn to increase the chances of commercial 

success. The objective is to perform a preliminary design of a jet engine, complying with 

a set of specifications. The conceptual design has mainly been focused on the 

thermodynamic and aerodynamic design phases. The thermodynamic analysis and 

optimization have been carried out using the Numerical Propulsion System Simulation 

(NPSS) code, where the cycle parameters such as fan pressure ratio, overall pressure ratio, 

turbine inlet temperature and bypass ratio have been optimized for overall efficiency. 

With the cycle selected, and the fluid properties at the different flow stations known, the 

component aerodynamic design, sizing and efficiency calculations were performed using 

MATLAB. Several aspects of the turbomachinery components have been evaluated to 

assure satisfactory performance. The result is a two spool low bypass axial flow engine 

of similar dimensions as the reference engine but with increased efficiency. A weighted 

fuel flow comparison of the two engines at the key operating conditions shows a fuel burn 

improvement of 11.8 % for the optimized design.  
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NOMENCLATURE 

AR Aspect Ratio 

AN2 Blade Stress Level 

BPR Bypass Ratio 

EIS Entry into Service 

FPR Fan Pressure Ratio 

HPC High Pressure Compressor 

HPT High Pressure Turbine 

LHV Lower Heating Value 

LPT Low Pressure Turbine 

OPR Overall Pressure Ratio 

SFC Specific Fuel Consumption 

SFN Specific Thrust 

TIT 

PR 

Turbine Inlet Temperature 

Pressure Ratio 

  

 

Symbols 

C Absolut velocity 

c Chord 

 Flow coefficient 

 Stage loading 

C Angularity coefficient 

core Core efficiency 

is Isentropic efficiency 

prop Propulsive efficiency 

ov Overall efficiency 

N Loss coefficient for 

stator blades 

s Pitch 

M Mach number 

U 

WC 

Blade velocity 

Corrected mass flow 

1.0  INTRODUCTION 

The AIAA Foundation and ASME/IGTI have issued a Request For Proposal (RFP) [1] as 

student design competition where a new turbofan engine for a conceptual supersonic 

business jet aircraft expected to enter service in 2025 is requested. The aircraft will be 

able to travel from North America to Europe and back again within one business day. It 

can cruise at Mach 1.15 over land without creating a sonic boom on the ground. Over 

water, it can cruise at Mach 1.5. Transonic cruise at Mach 0.98 should offer similar cost 

per distance to subsonic private jets [1]. The commercial success of an aircraft highly 

depends on its ability to provide light weight, low noise, competitive fuel consumption, 

and in the end lower operating costs and passenger fares. A contributing factor to achieve 

this is the engine design. Furthermore, due to the increase of the environmental concerns 

over the impact of the growing civil aviation, the emission legislations set by the 

International Civil Aviation Organization (ICAO) are becoming more stringent. The 

airlines need to continuously reduce their operating costs, which combined with stringent 

emission legislations introduces new challenges for the aero-engine industry: new engines 

need to be developed for low operating costs as well as reduced environmental impact. A 

reduction of fuel consumption, which is directly proportional to CO2 emissions, can be 

achieved primarily by increasing component efficiencies, Overall Pressure Ratio (OPR) 

and Turbine Inlet Temperature (TIT), and reducing Specific Thrust (SFN), engine size 

and engine weight. A number of novel engine concepts investigating alternative solutions 

to these issues have been proposed over the years [2] [3]. Implementations of such 

concepts however, involve a great financial risk for the manufacturers [4], hence a 

conventional cycle is considered in this work. Engine development is a multidisciplinary 

process covering thermodynamics, aerodynamics and solid mechanics, where the 

requirements of one discipline may very well contradict the requirements of another, and 

trade-offs between performance, size, weight, and costs continuously need to be made. 

Engine specifications are provided in the RFP, including thrust requirements, maximum 

dimensions etc. A generic model of a baseline engine is also provided. The new engine is 

expected to have improved fuel consumption and overall performance, thus increasing 

the chances of commercial success for the aircraft. The new engine has been given the 

designation MJ – S14. 

2.0  LITERATURE REVIEW 

Today one major concern in the industry is producing engines with better fuel economy, 

partially to reduce the operating costs for the airlines leading to lower fares for paying 

passengers, but also to address today’s environmental concerns. 
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The author of [4] starts by discussing the limitations of increasing OPR and TIT in order 

to increase thermal efficiency and reduce Specific Fuel Consumption (SFC), which has 

been the trend for conventional cores over the past decades. Increasing OPR further than 

current designs is limited by High Pressure Compressor (HPC) delivery temperature at 

take-off. Increasing TIT is limited by the maximum High Pressure Turbine (HPT) rotor 

temperatures at take-off and top of climb. The increase of cooling flows for this reason is 

also a limited strategy since these represent losses in the cycle and will eventually lead to 

a loss in thermal efficiency. He concludes by highlighting the fact that even though 

research of more efficient engine concepts exists, the aero engine design industry is 

primarily driven by economic considerations. Introducing these novel concepts to the 

market involves an economical and technological risk, and whether the potential 

reduction in fuel consumption outweighs these risks remains to be seen. 

In [2] the authors investigate the benefits of introducing intercooled and intercooled 

recuperated cores. An intercooled core can be designed for a significantly higher overall 

pressure ratio, with reduced cooling requirements, providing a higher thermal efficiency 

than could be practically achieved with a conventional core. In an intercooled recuperated 

core a high thermal efficiency can be achieved at a low OPR. The use of a variable 

geometry auxiliary nozzle for the intercooled engine, and a variable geometry Low 

Pressure Turbine (LPT) for the intercooled recuperated engine is also evaluated, showing 

further benefits. The use of recuperation is also investigated in [5], where a recuperated 

engine for an Unmanned Aerial Vehicle (UAV) is compared to a conventional design. 

The novel engine is expected to maintain the same weight as the conventional engine and 

extend the mission endurance by 15 %. 

In [3], a geared open rotor configuration engine is compared to an ultra-high bypass 

geared turbofan engine, with focus on minimizing fuel consumption and hence engine 

emissions. The open rotor concept is not a new idea, it was evaluated in the 80’s in several 

flight tests, but most of them never got past that phase and lately the concept has 

resurfaced. In an open rotor configuration the propulsive efficiency may be increased 

without increasing nacelle drag, and losses due to transfer efficiency are comparable to 

those of a turbofan. The results show that the open rotor engine is heavier but the reduced 

SFC and nacelle drag makes up for this and a mission fuel burn improvement of 

approximately 15 % compared to the turbofan is presented. 

The use of computer software has significantly improved the engine development 

process. The authors of [6] discuss the development of a multidisciplinary optimization 

code at the time being developed at NASA Lewis research center for the design of 

structural components, subsonic and supersonic aircraft configuration design and air 

breathing propulsion engine design. The design tool can optimize a system which can be 

defined in terms of fifty optimization sub problems. The system first formulates the 

design as a nonlinear mathematical problem, and solves the resulting problem based on 

data from specified input files. In [7] another piece of software is described, meant to be 

used in the preliminary design phase of gas turbines. The software was created to allow 

for a quick preliminary design process allowing the engine suppliers the ability to evaluate 

numerous concepts to fulfill the market requirements. 

In [8] the relationship between development and cost is discussed. As mentioned earlier 

the industry is driven by economic consideration and the cost of achieving a performance 

target must be taken into consideration. The paper evaluates the tools used at Rolls Royce 

for the preliminary design phase of military engines and emphasizes a paradox in the 

preliminary design stage; there is little product knowledge but there is a powerful impact 

on the final design. 

3.0  METHODOLOGY 

3.1 Preliminary design process 

The engine design process usually starts with an engine specification. The specification 

can either be a result of the requirements presented by a customer, or by the manufacturer 

itself to meet a market need. The first step in the design process is the thermodynamic 
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cycle analysis. The configuration of the engine, the cycle parameters and the performance 

of the components are selected and evaluated to meet the given specification. When the 

major parameters are set by the thermodynamic analysis, the aerodynamic design of the 

turbomachinery and other components can begin. The number of stages, overall sizes, 

rotational speeds, efficiencies and other aerodynamic parameters can be determined. 

Once the aerodynamic design is complete, the mechanical design of the components can 

begin, in this stage the mechanical properties such as stress and vibrations are evaluated. 

This process needs constant feedback between the different disciplines, and changes in 

one may lead to changes in another. Figure 1 illustrates a schematic diagram representing 

a general design procedure with the scope of this work marked with a dashed square. 

 

Figure 1 Preliminary engine design process, the scope of this work is marked in with a dashed 

square 

3.2 Thermodynamic analysis 

3.2.1 On/Off design 

At the design point, or on-design, the thermodynamic performance of the engine is 

evaluated at a fixed operating condition. In the case of the MJ –  S14 the operating 

condition chosen is supersonic cruise at Mach 1.5 at 15545m, where the engine is 

expected to spend most of its time. Changing the operating condition in the design point 

stage would result in a different engine with a different geometry. These conditions are 

used as a reference point. The next step is to run off design performance calculations. The 

engine geometry is now fixed and the performance of the engine at different operating 

conditions is evaluated. Many off design cases may be run to ensure the engine 

performance over the entire operating range. Both design point and off design 

performance calculations are highly iterative processes [9]. For the thermodynamic 

analysis of the engine, the Numerical Propulsion System Simulation (NPSS) code has 

been used. NPSS was developed by NASA in cooperation with U.S aerospace industries 

with the aim to develop a state of the art simulation tool for complex systems with an 

open architecture for user flexibility. 

3.2.2 Cycle modelling and optimization 

A replica of the baseline engine was modeled as a starting point for the cycle 

optimization. The cycle was then modified to achieve the required thrust levels at design 

point. All comparisons herein are to the modified baseline engine. A number of different 

types of efficiencies can be used to characterize the performance of an aero-engine: 

• Propulsive efficiency (ηprop) – the ratio of useful propulsive energy. This is the 

product of thrust and flight velocity divided by the wasted kinetic energy of the jet. 
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• Thermal efficiency (ηth) – the increase of the kinetic energy of the gas stream 

divided by the energy of the fuel, which is the product of the fuel mass flow and the 

fuel Lower Heating Value (LHV). For a turbofan engine, because of the two gas 

streams the thermal efficiency is divided into two terms, the core efficiency and the 

transmission efficiency. 

• Core efficiency (ηcore) – the energy available after all the power requirements of 

the core stream are satisfied, which is the energy available at the core exit, divided 

by the energy of the fuel. This is evaluated assuming an isentropic expansion from 

the state at the core exit to ambient pressure. 

• Transfer efficiency (ηtrans) – the quality of the energy transfer from the core 

stream to the bypass stream. This is the energy available at the nozzle divided by 

the energy at the core exit. 

• Overall efficiency (ηov) – the ratio of useful work done in overcoming the drag 

of the airplane, and the energy of the fuel. For a turbofan engine, this is the product 

of the core efficiency, the transfer efficiency and the propulsive efficiency [10]. 

The primary parameters for optimizing the cycle of a turbofan engine are the following: 

Fan Pressure Ratio (FPR), Bypass Ratio (BPR), OPR and TIT. These are limited by a 

number of mechanical design constraints such as creep, oxidation, casing rupture and 

vibrations. Herein the following secondary design parameters have been evaluated: 

Cooling air, pressure losses, turbomachinery efficiencies, power off-take, mixer 

efficiency and exhaust efficiency. It should be noted that the engine mass flow was kept 

constant in this study in order to maintain a constant engine diameter. 

Fan pressure ratio - The fan pressure ratio was selected by letting NPSS solver vary the 

FPR to always achieve the required SFN. The required FPR to satisfy this condition is 

highly dependent on the remaining parameters in the engine, and will vary as other 

parameters vary. For the MJ – S14, the core stream FPR and the bypass stream FPR is 

assumed to be the same, which in reality may be hard to achieve due to the different blade 

speeds at the fan tip and the fan hub. 

Bypass ratio - It can be shown that for every FPR there is an optimum BPR and vice-

versa. At this condition the overall energy conversion is maximized giving minimum 

SFC, maximum SFN and maximum engine overall efficiency. In [11] it is shown that for 

a mixed flow turbofan this occurs when the velocity ratio between the two streams 
𝑉𝐵𝑃

𝑉𝑐𝑜𝑟𝑒
 

is 0.8. The BPR has been selected using this relationship, letting the NPSS solver vary 

the BPR keeping the velocity ratio fixed at any FPR and overall condition. SFC, Thermal 

efficiency, overall efficiency and transfer efficiency, over the velocity ratio are illustrated 

in figure 2. SFN, TIT and OPR are kept constant. 

 

Figure 2 Different cycle efficiencies over velocity ratio between hot and cold stream in mixer 
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It can be seen that overall efficiency is at its maximum and SFC at its minimum when the 

velocity ratio is approximately 0.8.  

Turbine inlet temperature - In principle, increasing TIT and OPR will increase thermal 

efficiency and hence SFC. However, due to material temperature limitations, a higher 

TIT will need higher cooling flows for the turbines. Cooling flows essentially represent 

losses in the cycle and at a certain point these losses will overcome the gain in efficiency 

[4]. The MJ – S14 uses an uncooled LPT to keep cooling flow losses to a minimum and 

production costs down, thus limiting the TIT. 

Overall pressure ratio – For a turbofan engine, there is an optimal OPR for a given TIT 

where the core and thermal efficiencies are at their maximum and hence the SFC at its 

minimum [12]. This was found by creating diagrams of core efficiency vs OPR, using 

different temperatures and constant SFN, letting the NPSS solver optimize the remaining 

parameters. The OPR is herein set as the ratio of the HPC exit pressure to the fan inlet 

pressure. 

Cooling flows - The necessary cooling flows have been calculated using the method 

described in [12]. The required cooling flow will depend on the cooling flow efficiency, 

which varies depending on the technology being used. The calculations roughly 

correspond to a film/cross flow impingement technology. Two cooling flows have been 

considered for the HPT: one for the Nozzle Guide Vane (NGV) and one for the rotor. An 

upper limit of 18% of the HPC inlet flow was decided to avoid excessive losses. The 

cooling flows were added as a variable to the NPSS solver to keep constant blade metal 

temperatures based on the blade temperatures for modern designs under all overall 

conditions. The flow is taken from the last stage of the HPC to assure sufficient pressure.  

Power off-take - The power off-take from the HPT has been set to 100hp in accordance 

to the RFP [1]. 

3.3 Aerodynamic design 

The aerodynamic design start when the flow properties are defined from the 

thermodynamic analysis. In this process, the dimensions, pressure losses, efficiencies, 

and other aerodynamic parameters for the different components can be determined and 

evaluated. 

3.3.1 Turbomachinery 

The initial turbomachinery sizing requires a few assumptions from the designer in order 

to proceed with further analysis of the component. Based on these assumptions together 

with the fluid properties from the thermodynamic analysis the areas, rotational speeds, 

blade speeds, number of stages, stage loading etc. can be determined. The initial sizing 

procedure can be found in [13], where guidelines for initial assumptions of the necessary 

parameters are also given. With the initial sizing procedure done, the parameters 

described in the following sections can be evaluated, and the turbomachinery properties 

can be modified to assure adequate performance. 

3.3.2 Velocity triangles 

In order to design the blades, the power input per stage needs to be related to velocity 

triangles. These give an indication of how the blades change from the hub to the tip by 

showing the variations in velocity. The velocity triangles have been calculated at the hub, 

mean, and tip of each blade of the turbomachinery components. With regard to radial 

equilibrium, the exponential blading method was used to determine the angles and the 

velocities at the hub and the tip. The necessary equations and formulas can be found in 

[13]. A number of aerodynamic properties have been evaluated to achieve an adequate 

turbomachinery performance including: degree of reaction, diffusion factor, De Haller 

number, stage loading, flow coefficient and deflection. 

Degree of reaction - The degree of reaction is defined as the ratio between the static 

enthalpy change in the rotor and that of the whole stage. It provides a measure to the 

extent of which the rotor contributes to the overall pressure difference in the stage [13]. 
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De Haller number - The de Haller number is defined as the velocity ratio of the trailing 

edge and the leading edge of a blade or a vane. This is a simple measurement of diffusion 

used in preliminary design work. The De Haller number should exceed 0.72. For final 

calculations, the diffusion factor is preferred [13]. 

Stage loading - Stage loading is a measure of how much work is demanded by a 

turbomachinery stage and therefore the required “turning” of the flow. It is defined as the 

enthalpy change per unit mass flow of air divided by the blade speed squared. A lower 

stage loading leads to a higher efficiency, but in turn, more stages are required [9]. 

Flow coefficient - The flow coefficient relates primarily to component size, and if it is 

non-optimal to the efficiency. It is defined as the axial velocity divided by the blade speed. 

A typical value is 0.4 – 0.8 [14]. 

Deflection - The deflection is the difference between the angle of the relative velocity of 

the leading edge and the trailing edge. It is a direct measure of flow turning. A high 

deflection would imply a high rate of diffusion in a compressor, or acceleration in a 

turbine. 

3.3.3 Flow path 

The flow paths for the turbomachinery components have been evaluated using three 

different design approaches: constant mean diameter, constant outer diameter and 

constant inner diameter. The flow path selection will influence some of the above 

mentioned parameters, and they all have some advantages and disadvantages [13]. In 

modern designs an intermediate choice of constant inner and constant outer is often made. 

Figure 3 shows the three designs of a compressor. 

3.3.4 Turbomachinery efficiencies 

In an ideal compression or expansion process the assumption is made that there is no 

change in entropy. In a real process however, several losses take place as the fluid flows 

through the component resulting in an entropy generation. For a compressor this results 

in a higher temperature and enthalpy, and hence work, at a given pressure ratio compared 

to what would be expected from an ideal process. For a turbine, the outlet pressure will 

always be lower at a given power output requirement [12]. The two most common ways 

to account for losses in the turbomachinery components are the isentropic and polytrophic 

efficiencies. 

The efficiency calculations depend on the outputs from both the thermodynamic analysis 

and the sizing procedure, as well as the following parameters: Entry into service 

correction, Reynolds number index effect, size variation and normalized efficiency. 

These are all derived from empirical data. The method used can be found in [15]. 

 

Figure 3 Three different flow paths: the constant inner, constant mean and constant outer. 

3.3.5 Combustion chamber 

In order to commence the combustion chamber sizing, a few assumptions need to be made 

by the designer. These assumptions are based on the guidelines in [16] where the full 

sizing procedure can also be found. A critical point for the burner is the ability to relight 

during windmilling following an engine flame-out. In order to achieve this the designer 

must make sure that the combustor loading at the highest required altitude and lowest 

flight Mach number for relight does not exceed 300 
𝑘𝑔

𝑠∗𝑎𝑡𝑚1.8∗𝑚3 
 [9]. To minimize the 
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volume of the burner, the loading should be close to 300 at windmilling conditions. A 

smaller burner however, leads to a higher pressure loss. 

The pressure loss in the burner is dependent on the maximum area of the burner, the 

Pressure Loss Factor (PLF) and the inlet temperature and pressure. The PLF is an assumed 

value and is typically in the range of 20 to 25 [12], resulting in a pressure loss of 

approximately 5%. The efficiency of the burner can be found from a chemical analysis of 

the combustion products. This is not known during the preliminary design phase, therefor 

an efficiency of 0.9999 has been assumed since, in practice, the combustion is complete 

at high-power to mid-power conditions [13]. 

3.3.6 Inlet design 

Due to scope limitations, only a basic 2D/axisymmetric inlet using oblique shocks to 

diffuse the incoming air has been designed. Tabulated values of normal shock properties 

found in [17] have been used to calculate the total pressure loss and new Mach numbers 

after the shocks. The inlet has been designed to create an oblique shock at the inlet start, 

reducing the Mach number to a value close to one, after which a normal shock at the 

venturi reduces the value to below one. After this, the velocity is diffused in the divergent 

part using the continuity equation to an acceptable value before entering the fan. These 

calculations assume an isentropic flow. To compensate for this the total pressure loss has 

been multiplied by a factor of 0.997 for the subsonic region to account for pressure losses 

due to skin friction. The necessary formulas and equations can be found in [17]. With the 

angles and areas known, the geometry of the inlet has been calculated using standard 

trigonometric relations. 

3.3.7 Nozzle 

A convergent – divergent nozzle lets the flow expand to ambient pressure, which for an 

isentropic process produces maximum thrust [9]. However, due to skin friction losses and 

the extra weight and length, a con - di nozzle is only a viable option if the nozzle pressure 

ratio is greater than about three [12] which tends to be the case for supersonic engines 

due to the high ram pressure ratio. Expansion to ambient pressure for a fixed size con-di 

nozzle can only be achieved at design point where the nozzle area can be set to allow for 

ideal expansion. As the nozzle pressure ratio changes during off-design, the static 

pressure at the nozzle exit will be either higher or lower than the ambient pressure. A 

nozzle is said to be under-expanded if the ambient pressure is lower than the nozzle exit 

pressure, and over-expanded if the ambient pressure is higher than the nozzle exit pressure 

[12]. Both of these conditions result in a reduction in thrust. To mitigate this, variable 

nozzles are often used to allow the gas to expand to near ambient pressure during all flight 

conditions resulting in better performance. A variable nozzle however, introduces 

increased complexity, weight, and costs. For further discussions regarding nozzle 

selection, the reader is referred to [18]. 

The thrust loss associated with flow angularity increases sharply at great exhaust angles, 

therefore the angle of the divergent section should be less than 30 degrees [9]. To account 

for losses in the nozzle, different coefficients are used, the definitions of these may vary 

between different manufacturers. In this work the thrust coefficient (CV) and the 

angularity coefficient 𝐶𝜃 are used. CV is defined according to [9], where guidelines for 

setting a value can also be found. This coefficient gives the actual thrust from the thrust 

that could be achieved by an ideal con – di nozzle by accounting for friction and flow 

non-uniformity. 𝐶𝜃 is defined as 0.5(1+cos(α)), where 𝛼 is the half angle of the divergent 

section [19]. The areas of the nozzle inlet, throat and exit are calculated in the 

thermodynamic analysis. 

3.3.8 Mixer 

The use of a mixer to combine the hot and cold stream prior to the exhaust has a few 

advantages compared to using two separate exhausts. A small gain in net thrust and SFC 

can be achieved, the optimum FPR at a constant SFN is lower resulting in a lower weight 

and cost for both the fan and the LPT. The jet noise is also reduced due to the velocity of 

the mixed stream being significantly lower than the core stream of a separate jets engine. 

In the decision whether to adopt a mixer these advantages need to be balanced against the 
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disadvantages of the extra weight and cost [9]. For the thrust gain to be maximized the 

mixing needs to be complete (i.e. a mixer efficiency of 100%), this would require a large 

and heavy mixer, which in turn would require more thrust [1]. Therefore a compromise 

between mixer efficiency and thrust gain is necessary. An approximate length and mixer 

efficiency have been estimated based on guidelines in [9]. To perform mixer calculations 

the designer must set the Mach number of the primary incoming stream, after which the 

Mach number of the second stream is varied until the static pressures of the two streams 

are equal in the mixer. The Mach number has been set based on guidelines given in [13]. 

The mixer area for the two streams is calculated in the thermodynamic analysis. 

3.4 Iterations 

The efficiencies of the components highly depend on the choices made in the 

aerodynamic design, once these are set, the new values need to be inputs to the 

thermodynamic analysis, which in turn will generate new optimum values for the key 

parameters, and the aerodynamic design will need to be evaluated again. As mentioned 

earlier constant feedback is required between the different disciplines. Iterations were 

performed until the residual of the turbomachinery efficiencies were less than 0.0005. 

4.0  RESULTS 

A two spool axial flow low by-pass turbofan configuration was selected for the MJ – S14. 

The engine layout can be seen in figure 4. The optimum OPR for different TIT:s can be 

seen in figure 5a. SFN and polytropic efficiencies have been kept constant. Other 

parameters have been varied to keep the optimum interrelationships between the 

components. Figure 5a shows that increasing TIT and OPR increases the core efficiency. 

The design is however limited by the blade metal temperature in the turbines. At cruise 

condition this temperature was set to 1150K which is representative of a single crystal 

metal with thermal barrier coating in the HPT and Inconel 718 in the LPT. Table 1 shows 

the required cooling flow to keep this temperature in the HPT, and the inlet temperature 

of the uncooled LPT for each of the TIT:s at its optimum OPR. The maximum TIT in 

order to keep the desired LPT inlet temperature is 1644K, at this temperature the cooling 

flow for the HPT is also within acceptable limits. Based on this, the TIT has been set to 

1644K and the OPR to 38. The key parameters for the engine design point cycle can be 

seen in table 2.  

 

Figure 4 Engine layout 

                              (a) (b) 

 

Figure 5 Optimum OPR at different TIT:s (a); Efficiencies over OPR (b). 
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Figure 5b shows the relationship between core efficiency, thermal efficiency, overall 

efficiency and SFC at the chosen TIT. It can be seen that the maximum values occur at 

approximately the same OPR, which also corresponds to the lowest value of SFC. The 

propulsive and transfer efficiencies are relatively constant over this range, and are 

excluded in the diagram. 

 

Table 1 

Required HPT cooling flow and LPT inlet 

temperature. 

TIT 

(K) 

Opt. 

OPR 

Required 

HPT 

cooling 

flow (%) 

LPT inlet 

tempereture 

(K) 

1486 35 9.8 1052 

1536 37 12 1082 

1644 38 16.2 1150 

1758 40 20.2 1218 

1869 41 24 1278 

 

 

Table 2 

Key parameters for design point cycle. 

Altitude 15545m RAMPR 3.68 

Mach 1.5 
HPT NGV  

cooling 
9.7% 

Gross 

Thrust 
82270N 

HPT rotor 

cooling 
6.5% 

Net 

Thrust 
42500N ηpoly,Fan 0.901 

mass 

flow 
90kg/s ηpoly,HPC 0.941 

SFN 472Ns/kg ηpoly,HPT 0.91 

SFC 0.98lbm/(hr∙lbf) ηpoly,LPT 0.934 

OPR 38 ηcore 0.632 

TIT 1644K ηprop 0.624 

BPR 0.4 ηtran 0.941 

FPR 3.93 ηth 0.595 

HPCPR 10.04 ηov 0.371 
 

A schematic 2D view of the complete engine with inlet can be seen in figure 6. 

Figure 6 The MJ – S14 section view with supersonic inlet. 

4.1 Component Design 

4.1.1 Inlet 

A 2D view of the inlet, with the shocks represented as dotted lines can be seen in figure 

7. The inlet has a total pressure recovery of 0.983 and a total length 2.088 m. The 

deflection angle θ was set to 9.26 º to achieve maximum pressure recovery in combination 

with the following normal shock at design point. The corresponding β angle is 55 º. The 

remaining inlet data can be seen in table 3. 
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Table 3 

Inlet data. 

Station Mach number PR Area (m2) 

1 1.500  - 

2 1.152 0.9897 - 

3 0.874 0.9966 0.992 

4 0.650 0.9970 1.211 
 

 

 Figure 7 Supersonic inlet with flow stations 

4.1.2 Internal ducts 

The assumed pressure ratios and the lengths of the internal ducts can be seen in table 4 

and a schematic view can be seen in figure 8. 

Table 4 

Duct data. 

Duct Bypass Inter compressor duct Inter turbine duct LPT exhaust Jet pipe 

PR 0.97 0.98 0.98 0.985 0.99 

Length (m) 1.163 0.149 0.107 0.150 0.50 

 

Figure 8 Ducts. 

4.1.3 Compressors 

In order to use an uncooled LPT, a two shaft no-booster design was chosen to maximize 

the work done by the HPT, thus lowering the inlet temperature to the LPT. The tip 

clearance has been set to 1% of the blade height. The blade spacing has been set to 20% 

of the upstream chord [9]. The two compressors can be seen on a Smith chart [20], based 

on the average stage loading and flow coefficient in figure 9. 

 

Figure 9 Stage loading over flow coefficient for the FAN and HPC. 
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4.1.4 Fan 

With a FPR of 3.93, a four stage fan was deemed necessary to achieve satisfactory 

performance. The fan flow path is a result of a linear interpolation starting from the hade 

angle, gradually decreasing to zero at the last stage stator outlet. The hade angle was set 

to 21º  in order to achieve a reasonable blade velocity at the first stage rotor hub exit. Max,in 

has been set high to keep the area to a minimum. The low pressure shaft RPM was set to 

reach a Mtip,rel close to 1.45. Table 5 shows some key fan data. The fan can be seen in 

figure 10. Table 6 shows the velocity triangles data at the mean blade. 

Table 5 

Key fan data. 

Nr of 

Stages 
4 Max,in 0.65 

Avg. ψ 0.82 Max,out 0.38 

Avg. φ 0.63 ARin 2.40 

Avg. 

ΔTstage 
+42.3k ARout 2.30 

ηpoly 0.901 
Hub/tip-

ratioin 
0.27 

Mtip,rel,in 1.43 
Hub/tip-

ratioout 
0.69 

RPM/Utip 7000/455.15 EIS 2025 

Total 

length 
0.9876m s/c-ratio 1.20 

Max 

diameter 
1.2418m 

Hade 

anglein 
21° 

 

 

 Figure 10 Fan 

Table 6 

Fan velocity triangles data at mean blade 

Stage 
1 

(°) 

2 

(°) 

1 

(°) 

2 

(°) 

Ca1 

(m/s) 

Ca2 

(m/s) 

U1 

(m/s) 

U2 

(m/s) 

V1 

(m/s) 

V2 

(m/s) 

C1 

(m/s) 

C2 

(m/s) 
  

Deflec-

tion (°) 

Reac-

tion 

Dif-

fusion 

De-

Haller 

ΔT 

(K) 

1 53 34 0 34 222 222 290 303 365 269 222 269 0.77 0.94 18 0.74 0.34 0.74 +39 

2 52 27 12 45 212 212 321 331 348 300 217 300 0.66 0.89 25 0.60 0.46 0.69 +45 

3 56 34 12 47 197 197 340 346 356 286 202 286 0.58 0.79 22 0.63 0.47 0.67 +45 

4 58 39 22 50 177 177 351 353 331 274 190 274 0.50 0.65 19 0.60 0.47 0.68 +39 

 

4.1.5 HPC 

A five stage constant outer diameter design was chosen for the MJ – S14. This 

configuration allows for high hub and mean blade speeds through all stages, which 

reduces the stage loading. The first stage hub to tip ratio was chosen for an optimal radius 

of the compressor. Placing it lower would lead to higher pressure losses in the duct 

following the splitter due to the steep angle, placing it higher would lead to a lower RPM 

in order to keep Mtip,rel at reasonable values, which in turn could lead to more stages. The 

final radius is a compromise between these conflicting requirements. To keep the 

diffusion factor at the tip below 0.4, the reaction has been adjusted to reduce from 0.75 at 

the first stage towards 0.5 at the last stage. With a 50% reaction the blades are symmetrical 

α1 =β2 =α3, β1 =α2 giving the most efficient diffusion over the stage [13]. However, a 50% 

reaction was not achievable with five stages. An Inlet Guide Vane (IGV) was 

implemented to increase the absolute velocity of the first stage, allowing a higher 

rotational speed while maintaining the same Mtip,rel. Table 7 shows some key compressor 

data. The HPC component is illustrated in figure 11. Table 8 shows the velocity triangles 

at the mean blade. 
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Table 7 

Key HPC data. 

Nr of 

Stages 
5 Max,in 0.52 

Avg.ψ 0.58 Max,out 0.33 

Avg.φ 0.38 ARin 1.63 

Avg. 

ΔTstage 
+89.8K ARout 0.93 

ηpoly 0.941 
Hub/tip-

ratioin 
0.70 

Mtip,rel,in 1.34 EIS 2025 

RPM/Utip 13500/613.8 s/c - ratio 1.2 

IGV 

angle 
18° 

Total 

length 
0.37m 

 

 

 Figure 11 HPC 
Table 8 

HPC velocity triangles data at mean blade 

Stage 
1 

(°) 

2 

(°) 

1 

(°) 

2 

(°) 

Ca1 

(m/s) 

Ca2 

(m/s) 

U1 

(m/s) 

U2 

(m/s) 

V1 

(m/s) 

V2 

(m/s) 

C1 

(m/s) 

C2 

(m/s) 
  

Deflec-

tion (°) 

Reac-

tion 

Dif-

fusion 

De-

Haller 

ΔT 

(K) 

1 67 52 18 48 221 221 523 561 568 357 233 328 0.42 0.66 15 0.70 0.47 0.63 +87 

2 67 57 15 46 225 225 582 587 568 417 233 322 0.39 0.57 9 0.75 0.36 0.73 +92 

3 65 54 26 52 223 223 592 594 534 380 247 361 0.38 0.56 11 0.67 0.42 0.71 +92 

4 67 57 20 51 216 216 596 597 560 394 230 343 0.36 0.57 11 0.71 0.42 0.70 +92 

5 68 58 24 52 205 205 597 598 546 389 225 337 0.34 0.54 10 0.70 0.41 0.71 +87 

 

4.2 Combustion chamber 

An annular combustor was chosen for the MJ – S14 due to its compactness and clean 

aerodynamic design. The combustor has been sized to maintain a reasonable pressure 

loss, while allowing for relight at windmilling conditions. Max was set to allow for a 

residence time in excess of 3ms as a tradeoff between NOx emissions and size. A slope 

angle of 8° as chosen in order to increase the HPT radius, improving its stage loading. 

The combustor is shown in figure 12 and data for the combustor can be seen in table 9. 

Table 9 

Key combuster data. 

dP/Pin 4.11 M 0.04 

Residence 

time 
4ms PLF 23 

Loading at  

Cruise 
1.15

𝑘𝑔

𝑠∗𝑎𝑡𝑚1.8∗𝑚3 
 

Stoichiometric 

Temp. 
2300K 

Loading at 

Windmilling 
231

𝑘𝑔

𝑠∗𝑎𝑡𝑚1.8∗𝑚3 
 Lliner/Dliner 2 

Pattern 

Factor 
0.35 Lcc/Dcc 1.75 

Vcc 0.059m3 Vcc/Vliner 0.5 

Vliner 0.029m3 Efficiency 0.999 

Slope angle 8º Total length 0.195m 
 

 

 Figure 12 Combustion chamber 

4.3 Turbines 

A constant hub design was chosen for the turbines. This configuration allows for a higher 

blade speed due to the increasing blade tip radius, which reduces the stage loading. The 

loss coefficient λN was set to 0.05, at this value the stator blades are convergent, which 

allows for good performance over a variety of power conditions [13]. To avoid choking 

the turbines, the angle α3,mean has been adjusted to satisfy the condition (P01/P2) < Pcritical. 

The highest relative Mach number occurs at the inlet hub. This value needs to be kept 

below 0.75 [13] to avoid high pressure losses due to shock waves. The tip clearance has 

been set to 1% of the blade length. The blade spacing was set to 20% of the upstream 
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chord [9]. The two turbines can be seen on a Smith chart [20], based on the average stage 

loading and flow coefficient for the LPT, in figure 13. 

 

Figure 13 Stage loading over flow coefficient for the HPT and LPT. 

4.3.1 HPT 

A highly loaded one stage HPT was chosen to minimize the required cooling flow. The 

HPT inlet area is derived from AN2 to maintain stress levels based on material technology 

for 2025. Max,in was then derived from the area. To avoid high pressure losses in the 

upstream ducting and to assure that the gas accelerates at all points along the NGV, it has 

been kept below 0.2 [9]. The HPT is shown in figure 14. Some key turbine data can be 

found in table 10. The velocity triangle data for the mean blade can be seen in table 11. 

Table 10 

Key HPT data. 

AN2 7247.5𝑚2 ∙

𝑅𝑃𝑆2 
Nr of 

stages 
1 

Max,in 0.16 ΔTstage -494K 

Max,out 0.4 ψ 3.10 

ARin 1.16 φ 0.41 

ARout 1.16 poly 0.910 

N 0.05 Mhub,rel 0.35 

EIS 2025 
Total 

length 
0.097m 

 

 

 Figure 14 HPT 

Table 11 

HPT velocity triangles data at mean blade 

Stage 2 

(°) 
3 

(°) 
2 

(°) 
3 

(°) 
Ca 

(m/s) 
U 

(m/s) 
V2 

(m/s) 
V3 

(m/s) 
C2 

(m/s) 
C3 

(m/s) 
  

Deflection 

(°) 
Reaction Mhub,rel 

ΔT  

(K) 

1 52 68 75 4 259 630 419 699 994 260 0.41 3.10 16 0.25 0.35 -494 

 

4.3.2 LPT 

The first stage LPT mean radius was set to correspond with the last stage HPT mean 

radius in order to achieve a decent stage loading and to approximately align with the fan 

to reduce flow turning. Max,out was set high to reduce the rotor outlet area, thus reducing 

AN2. Since AN2 will be lower on the first stage due to the smaller area, calculations are 

only performed on the second stage. The first stage stator was replaced with an 

aerodynamically loaded strut to accomplish the same function as a stator, while giving 

structural support to the engine. With two stages there is no exit swirl entering the LPT 

exhaust at design point. Some swirl will however be present at off-design conditions. The 

LPT is illustrated in figure 15. Some key turbine data can be seen in table 12. The velocity 

triangle data at the mean blade is shown table 13. 
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Table 12 

Key LPT data. 

Max,in 0.35 Nr of 

stages 

2 

Max,out 0.5 ψ 2.06 

ARin 1.84 φ 0.81 

ARout 6.72 poly 0.934 

N 0.05 Mhub,rel,stg1 0.40 

EIS 2025 Mhub,rel,stg2 0.44 

Avg. 

ΔTstage 

-100K Total 

length 

0.089m 

Last 

stage AN2 

5115𝑚2 ∙

𝑅𝑃𝑆2 
  

 

 

 Figure 15 LPT 

 
Table 13 

LPT velocity triangles data at mean blade. 

Stage 2 

(°) 

3 

(°) 

2 

(°) 

3 

(°) 

Ca 

(m/s) 

U 

(m/s) 

V2 

(m/s) 

V3 

(m/s) 

C2 

(m/s) 

C3 

(m/s) 
  

Deflection 

(°) 
Reacti

-on Mhub,rel 
ΔT  

(K) 

1 4 53 54 0 254 335 254 420 435 254 2.11 0.76 49 0.47 0.40 -100 

2 0 49 49 0 295 344 295 453 453 295 2.00 0.86 49 0.50 0.44 -100 

 

4.4 Mixer 

The engine uses a lobed annular mixer providing improved thrust and SFC and reduced 

noise levels. The mixer length was chosen to attain L/D ≈ 1 to achieve a good percentage 

of the theoretical thrust gain [9] while maintaining a reasonable weight. This resulted in 

a mixer efficiency of 70%. The mixer is depicted in figure 16 and the mixer data can be 

seen in table 14. 

Table 14 

Key mixer data. 

Efficiency 70% 

Cold stream M 0.55 

Hot stream M 0.5 

Cold stream area 0.124 m2 

Hot stream area 0.461 m2 

Length 0.2 m 

L/D 1.067 
 

 

 Figure 16 Mixer 

4.5 Nozzle 

At supersonic speed, the nozzle pressure ratio is high, hence a convergent – divergent 

nozzle was chosen. Due to the high speed at design point, a fixed area nozzle set for full 

expansion, would be severely over-expanded at take-off conditions, which may lead to 

flow separation and engine control issues. Since good performance at design-point is 

favoured, the increased complexity and costs of a variable nozzle are outweighed by the 

performance benefits, hence a variable nozzle was chosen. 

The design point nozzle data can be seen in table 15 while figure 17 depicts the shape and 

size of the component at design point conditions. The areas are set to allow for the fluid 

to fully expand. The angles are a compromise between lengths and thrust, a lower angle 

will lead to higher thrust, at the expense of a longer component. For very low angles, the 

losses due to skin friction will take over.  
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Table 15 

Key nozzle data. 

CV 0.97 

C 0.988 

Inlet area 1.099 m2 

Throat area 0.453 m2 

Exit Area 1.04 m2 

Length 1.18 m 

Divergent angle 12.5º 

Petal angle 35.2º 

PR 13.09º 

Ath/Aout 0.44 

Ain/Ath 2.43 
 

 

 Figure 17 Nozzle. 

 

4.6 Off-design 

Figure 18 shows the key operating conditions for a typical mission identified by the 

aircraft manufacturer and provided in the RFP, with the thrust requirements of one engine. 

Off-design simulations were carried out at these conditions. Some key turbomachinery 

off-design data can be seen in table 16 – 19. 

 

Figure 188 Typical mission for the engine 

Table 16 

Mach 1.5 altitude 15545m. 

Component Wc 

(kg/s) 

RPM poly 

Fan 238 7000 0.901 

HPC 54.9 13500 0.941 

HPT 14 13500 0.91 

LPT 59.9 7000 0.934 
 

Table 17 

Mach 0 altitude 0m. 

Component Wc 

(kg/s) 

RPM poly 

Fan 184.6 5542 0.885 

HPC 52.2 12204 0.951 

HPT 13.7 12204 0.901 

LPT 60.9 5542 0.923 
 

Table 18 

Mach 0.98 altitude 11735m. 

Component Wc 

(kg/s) 

RPM poly 

Fan 190.6 5348 0.891 

HPC 52.5 11622 0.951 

HPT 14 11622 0.909 

LPT 60.9 5348 0.923 
 

Table 19 

Mach 1.15 altitude 12802m. 

Component Wc 

(kg/s) 

RPM poly 

Fan 241.2 6714 0.883 

HPC 55.2 12744 0.939 

HPT 14 12744 0.91 

LPT 59.8 6714 0.935 
 

 

5.0  COMPARISON TO BASELINE ENGINE 

Table 20 shows a comparison of some key performance parameters for the MJ - S14 and 

the baseline engine. Table 21 shows the primary contributors of the increased efficiencies. 

The slight decrease of transfer efficiency is due to the higher BPR of the MJ - S14, and 

the slight decrease in propulsive efficiency is due to the higher jet velocity, both of these 

are however very small and are therefore excluded in table 21. 
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Table 20 

Comparison between baseline engine and MJ – S14. 

 MJ –  S14 Baseline Difference (%) 

core 0.632 0.579 +5.3 

th 0.595 0.546 +4.9 

tran 0.941 0.943 -0.2 

pro 0.624 0.625 -0.1 

ov 0.371 0.341 +3 

SFC (lbm/hr∙lbf) 0.981 1.068 -8.9 

Length (m) 4.23 4.71 -11.3 

Max Diameter (m) 1.24 1.26 -1.6 

OPR 38 16 +237.5 

FPR 3.93 3.29 +19.5 

BPR 0.4 0.3 +33.3 

 

Table 21 

Primary contributors of increased efficiencies 

 Turbomachinery  

 increase (%) 

Increase of OPR  

(%) 

Increase of TIT  

(%) 

core 0.632 0.579 +5.3 

th 0.595 0.546 +4.9 

ov 0.371 0.341 +3 

SFC (lbm/hr∙lbf) 0.981 1.068 -8.9 

 

A weighted fuel flow comparison over the key operating points of a typical mission shows 

a fuel burn improvement of 11.8% for the MJ - S14 compared to the baseline engine. 

6.0  CONCLUSION 

In this work, a preliminary design of a supersonic jet engine for a conceptual business jet 

expected to enter service in 2025 has been carried out. Based on the provided engine 

requirements, the thermodynamic cycle has been optimized and basic sizing and 

aerodynamic design of the main components have been performed. The result is a shorter 

engine of similar diameter with improved efficiency. A weighted fuel flow comparison 

against the reference design at the key operating points shows a fuel burn improvement 

of 11.8% for the new engine, improving the economic aspects of operating the aircraft 

and lowering the emissions for a reduced environmental impact. The work has provided 

design details along with some expected performance benefits, and the drawbacks certain 

design choices may have. Though some engine manufacturers may possess this 

information, few academic studies providing performance data for such an application 

within the public domain have been identified. The design process of a jet engine is a 

complex process which covers many different disciplines and there is quite often no 

obvious solution as the improvement of one parameter often comes at the expense of 

another. 
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